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(All Rights Reserved by the Authors) PART III. FINAL DESIGN AND FABRICATION APPROACH



PER MAILING PART II (SA, September 1976) for publication, work on our part continued in preparation for this segment of the series. In that intervening period, a number of events occurred, causing changes to the final design configuration which are reflected in this issue. These changes are most noticeable on the inboard portions of the wing where the loads are highest. The initial promise of high strength values for the Style 143 cloth, as determined from MIL-HDBK-17 and summarized in Part I (SA, July 1976), did not materialize and thus required us to reconsider the optimum layup configuration. Laminates of #143 cloth and RA(S) resin were fabricated and tested. As an additional point of reference, laminates made from Style RA5177UND cloth, having the same resin content as the Style 143 laminate, were also tested. Our test results show that the 143 and the 5177 woven cloths are structurally equivalent and, from our point of view, could be considered interchangeable. The argument for the lower stress values is that our test laminates were made by hand layup and with a contact cure, whereas the MIL-HDBK-17 properties were determined from laminates that were cured using a vacuum bag. Our test laminates therefore have higher resin content per unit weight than desired, but we believe this is representative of what other homebuilders will achieve. To obtain the lower resin contents, the alternatives are to vacuum bag and bleed out excess resin, or to very carefully weigh out the dry cloth and resin prior to combining the two and then vacuum bag cure. For example, if one is going to laminate 10 pounds of dry cloth, then 5.5 to a maximum of 6.5 pounds of resin is used, where 5.5 pounds is the preferred value. For hand layups, a 35 to 4OT resin content by weight laminate is preferred. In industry, we normally try to obtain 3(X# resin content, and that is accomplished by specifying vacuum bag and/or autoclave cures, with excess resin bled out. The problem with most people not experienced in laminating is that, with lower resin contents, the laminate looks "dry and of low strength". The truth is that any additional resin above 35*% is excess weight and does not contribute to overall strength. In contrast, a laminate with less than 25c/< resin content suffers loss of compression strength due to insufficient resin to promote good load transfer between fibers through shear action. The best balance from the tensile and compressive strength and weight point of view is reached at 30%. This value is very difficult to achieve in hand layups without bagging. In the next article, we will show how to vacuum bag. The wing spar test specimen, which is representative 20 DECEMBER 1976



of the inboard portion of the wing, has been revised. The configuration was changed from an I-beam to a twospar design in order to avoid upper cap buckling instability, beam transverse buckling and torsional failure modes, promoting failure to occur in a region not of primary interest. We are interested in assessing the joint design, not these other failure modes. The joint fitting test specimen design is now a box beam using two identical spars with respective upper and lower covers. The new configuration is shown in Figure 1. The fitting design also has been reconsidered and is now believed to be more suitable for homebuilt construction. The tolerance problem between the fitting/spar assembly was addressed and, as a result, this revised design is now more realistic. FINAL DESIGN ANALYSIS



Since the minimum weight design configuration is a three-spar, three-rib wing box, we have a difficult analysis problem. One cannot determine in a straight-forward manner how the loads are distributed among the three spars; i.e., the problem is statically indeterminate. With three, there are more spars in the wing than necessary to carry the load. By having this three-spar design, the wing structure will, however, satisfy the fail-safe requirements of FAR 23, Part 15. One of the common methods used to determine the internal load distribution is to make an assumption about the distribution and then compute loads, slopes and moments for two of the three spars at a time. Then, by superimposing the two solutions and comparing displacements at the boundaries, one iterates until the assumed and computed distribution converge — that is, the structural continuity of the structure is satisfied. This is known as "The Method of Least Work", or "Relaxation". The other common method is to utilize "The Method of Displacements". Displacements, rather than forces, are dealt with as the independent variables. In this method, one must subdivide the entire structure into many sub-elements, prepare a series of equations relating each sub-element with its neighbors, combine them together mathematically, and then seek the solution to a series of simultaneous equations. This method is more commonly known as the "finite element" method. We have chosen this method to solve our wing problem, since all that computational work is easily relegated into a form suitable for solution by a computer program. How the mathematical solution is obtained is not as important as what the method can do for us. By developing a good equivalent representation of the structure (small subdivision of elements), accurate loads.
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FIGURE 2.



FINITE ELEMENT MODEL OF T-18 OUTER WING SHOWING MAXIMUM SPAR FITTING LOADS



stresses, displacements and reactions for each of the elements are determined. A computer-drawn picture of our T-18 wing finite element model is shown in Figure 2. We have sketched over this picture to show how the model represents the real structure, and have also identified the resulting reactions at each spar joint fitting obtained from the analysis results, based on the maximum bending and torque design conditions.



One may argue that the sophistication we have gone to in order to correctly design and analyze this wing is entirely beyond the scope of the homebuilt designer, let alone the problem of using a finite element computer program. Not so! NASA has developed and disseminated to industry the NASTRAN program (NASA STructural ANalysis). There are many others, but let's use NASTRAN as the example. There are many independent commercial computer



facilities, as well as universities, throughout the country which have NASTRAN available. NASTRAN is the program that solves your problem as defined by your



data deck. At these facilities, one basically rents the 22 DECEMBER 1976



program to solve your problem using their computer equipment. Access to this computational capability is only limited by your ability to utilize the system properly. As with any rental agency, there is a cost as- • sociated for these services. The computer cost to analyze the T-18 wing for the maximum bending and maximum torque conditions was approximately $50.00. As additional examples, engine mounts and landing gears cost about $10.00 of computer time. (Our time of setting up the problem, preparing the computer input cards, debugging and interpretation of the results are not considered in that estimate.) The point is, the capability and the analytical tools that we are utilizing are within the reach of the professional homebuilt designer, and do not cost an exorbitant amount when the labor is not



considered. On the other hand, we do not wish to imply that aircraft design and analysis are now made simple, it is not. To obtain help with a problem or to properly utilize this computational capability, one should always consult with an engineering trained analyst. An assessment of the finite element technique and



the classes of problems solved, using a finite element program such as NASTRAN, has been published in a series of articles in Machine Design, beginning with the 30 September 1971 issue. This periodical is in most public libraries. For normal straightforward designs, how the finite element computer program mathematically solves the problem is much more difficult to explain than how to set up the problem data deck. To begin, one must have a design laid out with specific materials, sizes, thicknesses, gauges, etc. This initial cut at the design is done by using simplifying assumptions and elementary equations previous experience or, when all else fails, a good guess. Knowing the physical layout of the design, grid points are defined in X, Y, Z dimensions (in inches) from some convenient starting place. For a steel tubing truss structure such as a fuselage, these grid points are the intersections where the tubes meet. For plates, the grid points are on the local neutral axis of the plate. Next, axial members, triangular or rectangular plates are connected between these grid points. Then these axial or plate members are mathematically defined by their material properties (wood, aluminum, steel, composite, etc.) and their shape characteristics (thickness, cross-section area, diameter, core thickness, moments of inertia, etc.). Then, aerodynamic or other applied loads which have been previously determined are defined, acting at the appropriate grid points. Finally, the grid points are defined where the structure is going to react these applied loads. With that, the problem is defined, and the above required information is put into a form acceptable for the specific computer code to interpret and solve. This is normally in the form of punched cards. The computer then solves your problem (assuming there are no mistakes in your input card deck) and gives back to you the deflection of every node, the loads and stresses in every member and the reaction loads. While we have been a little simplifying in the details, that is what basically happens in using this analysis method. With the results to the problem neatly printed out, one then checks for excessive deflections, stresses and loads, deciding that either the solution is acceptable, or going back to the data input deck and making changes to correct any deficiency. Optimization may also be made by successive changes to any of the structural elements, working toward both minimum weight and acceptable stresses and deflections. In our analysis of the outer wing by the finite element method, we used: • 70 grid points



• 81 plate elements (foam fiber-glass sandwich) • 10 different plate section properties (different fiberglass layups and foam thicknesses) • 6 joint reactions (spar joint fittings) The ten different plate section properties are used to define the 81 plates. Since many plates have the same material and section property characteristics, these properties need to be defined only once. In the case of this wing, the distributed aerodynamic loads were applied to the wing structure via temporary "mathematically rigid ribs", where the corner grids of these triangular ribs are at the aerodynamic center (see



Figure



2). A segment of the uniform air loads is applied as a concentrated load at each rigid pseudo-rib which, in turn, applies the load to the wing structure. This technique is a common "trick-of-the-trade" when the spe-



cific finite element computer code does not have the capability to accept distributed load input data. To sum up, we have offered to you a brief overview how a finite element model is created which is used to solve complex problems such as aircraft structures.



This analysis method is the main analysis tool used in industry. Under the proper conditions, its use is available to the public, and we feel that every professional homebuilt designer should be aware of its existence and have access to utilizing this capability whenever necessary for personal confidence that his design meets minimum structural integrity requirements. For a more detailed overview of the capabilities or the method of mathematical solution, the articles in Machine Design are suggested and/or discussions with a local computer facility.



COMPOSITE WING DESIGN PHILOSOPHY



In the last issues, we've attempted to verbally discuss the design process. That method of communication leaves the door open for misunderstanding and confusion, and we offer instead a pictorial replacement which, hopefully, will clear up what we are presenting to you in these articles. Refer to Figure 3; start with the upper left hand corner and follow through. This is the methodology we feel one must go through to obtain a satisfactory composite design. We apologize for not presenting this chart in the previous issues. Critical feedback, based on the first two articles, has raised two questions, and these deserve a public answer. The first question is: "Since the outer wing is not directly replaceable with the existing T-18 metallic counterpart, why bother (with all the work associated with these articles)?" The answer to that is very simple. We are trying to give the homebuilders in EAA insight on how the design task is properly handled, and we wish to give you the benefit of 20 years of combined experience in the hope that these articles are educational and interesting to the readers. That is all. Since we have nothing to sell and no interest, financial or otherwise, in any design, product or supplier, we hope that the critics understand our approach is intentionally unbiased. The second question deals with the complexity of the subject matter that has been presented. Please try to believe us; we are trying to be as straightforward, direct and comprehensible as possible without losing the technical "meat". There is no intent on our part to "snow" anyone. To date, notes, hand analysis, computer runs, etc. are stacked up over a foot high, and trying to boil this all down into these articles is not a superficial task. Bear with us. We do not subscribe to the philosophy that a little knowledge is dangerous, but rather that a little knowledge creates awareness, causing one to seek and understand more, raise questions and become more intimately involved in the EAA movement.



SUBCOMPONENT TEST ARTICLE DESIGN, ANALYSIS AND TEST RESULTS



As mentioned earlier, the subcomponent test article



was reconfigured from an I-beam design, representative of one spar plus effective covers, to a two-spar box beam, representative of the forward inboard portion of the



composite T-18 outer wing. The change in design was necessitated by reconsideration of alternate failure modes of the single spar configuration, and to facilitate the



testing. The reconfigured test article, shown in Figure



1, did not have staggered ply layups as in the full wing, since the inboard portion is load critical. The purpose of the test article is to verify the load capacity of the structural joint between the steel fittings and the fiberglass composite covers. SPORT AVIATION 23



DESIGN PHILOSOPHY USED FOR COMPOSITE WING



FIGURE 3
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TEST ARTICLE DESIGN AND ANALYSIS



The test article was configured to be rectangular in plan form, as well as in cross-section. Since both spars are identical, the load distribution is equal to both spars. To arrive at the design ultimate applied moment for the test article, we have first averaged the load per spar from the finite element analysis of the wing, then ratioed this load to the average height of the wing. 24 DECEMBER 1976



R E L E A S E PLANS TO PUBLIC



Average Spar Cap Load = (7377 Ibs. + 10594 Ibs. + 7884 Ibs. + 9584 lbs.)/4 = 8860 Ibs. Average Height of Front and Middle Spars = (5.94 in. + 4.73 in.)/2 = 5.335 in. Height of Test Article Spars = 5.00 in. 5.000 Test Article Design Ultimate Cap Load (each) = ———— 5.335 (8860 Ibs.) = 8304 Ibs. Test Article Steel Fitting Load (at Joint) = Ibs.) = 12,582 Ibs.



5.00 (8304 3.30



The load was applied with a constant load hydraulic ram through a calibrated load cell and distributed over the width of the box by a 2 inch square aluminum bar. The load was applied at a distance of 24.1 inches from the '/2 inch holes in the steel spar fittings. The design ultimate applied load at the load cell, which produces 8304 Ibs. in the caps and 12,582 Ibs. in the steel fitting is: 3.30 P TUTLT 1T = 2 x (——) (12,582) = 3445 Ibs. 24.1 TEST ARTICLE FABRICATION



We are fortunate to have enlisted the aid of Charles Nye, a Senior Design Engineer at Northrop's Wind Tunnel facility, to fabricate the test article and the complete outer wing assembly. Charlie is responsible for the fabrication of scale, as well as full size, mockups for the wind tunnel using fiber-glass-foam and is experienced in all fabrication aspects associated with these composite materials. His address is 2342 West 236th Street, Torrance, CA 90501, should anyone wish to contact him concerning the fabrication processes. Spar Subassembly: The spar design has a foam core I-beam configuration. The 4130 steel fittings were fabricated first from 0.10 sheet stock and then attached to a wood form. The wood form was prepared by undercutting a recess the thickness of the fitting. That way the shear face of the fitting is flush with the rest of the wood form. After a fit check was made, the fitting was removed, a layer of Saran wrap placed around the wood and taped on the back side. The Saran acts as a release agent, preventing the fiber-glass layup from bonding to the wood. Just prior to the layup, the fitting was grit blasted and pressed back onto the wood form (see Figure 4). Using precut cloth, the two layers of fiber-glass



were impregnated and placed on each spar tool. A little extra resin was dabbed onto the foam and the two halves brought together, forming the spar sandwich. Two pieces of aluminum stock, previously sprayed with Frekote 33, an industrial release agent, were placed on the spar cap layups to produce a uniform smooth cured surface. Using two '/2 inch diameter pins to maintain fitting alignment, the entire assembly was clamped up and allowed



to cure for 24 hours. To speed things up, the cured spar assembly with fittings was post-cured in an air-circulating oven for 8 hours at 150° F the following day. Reflecting on this fabrication technique, the consensus is that, in the outer wing fabrication, it will be more expedient to fabricate the spar sandwich independent of the fittings and bond them on later. Upper/Lower Cover Fabrication: Since the covers do not have an airfoil contour, the parts were made against a table top work surface. Again using Saran wrap as a release film for protecting the table top, the appropriate precut pieces of cloth were impregnated and placed on the table. To help absorb some of the excess resin which is in the previous layers, the last two plies



are laid in dry and squeezed to draw the resin up into them. This helps keep the resin content down. The foam core was cut on a table saw, but most any sharp tool will



do a satisfactory job. After the core was dabbed with



resin, placed on the layup, the remaining layers were added to complete the cover. The layers comprising each side of the sandwich panel are placed in sequence so that there is symmetry about the core midplane. After all layers are down, a top layer of Saran is added, and



two pieces of plate stock placed around the sandwich border so as to give a smooth uniform surface for subsequent bonding to the spar and ribs (see Figure 6).



The two covers and spars were fit checked, as shown



in Figure 7. At this time, the dimensions for the rib



tool were unified. The rib tool consists of four pieces of wood nailed to the table top, having used Saran appropriately. The cavity thus formed is used to fabricate the ribs. As before, the initial layers of fiber-glass are placed into the mold; next, the foam; and finally the remaining layers of fiber-glass. All parts are allowed to cure for 24 hours prior to removal from the tooling. Excess cloth is trimmed with scissors and the parts brought to dimension with a table or band saw. For those who have not tried fiber-glass layups of this type, it really is not difficult and. after a little experience, one will be surprised how efficient the process is when a little planning proceeds the labor. With fiberglass, personal hygiene is important, especially in the area of ventilation. Most common epoxies are water soluble prior to gelation, so a good soap and plenty of water will help in cleaning one's hands. Protective creams are also very helpful. For tools and equipment, MEK or acetone will work nicely. Do all cleanup before the resin starts to gel, since cleanup thereafter can become a pain in the buns. TEST ARTICLE LOAD TEST RESULTS



The wing panel subcomponent was installed in the test machine as a cantilevered beam, as shown in Figure 8. The test set-up utilized a hydraulic load ram hooked to a constant pressure source, and was operated manually by a remote actuator for both loading and unloading the specimen. Between the ram and the outboard rib of the specimen, an electromechanical load cell was used to measure load application and was calibrated to indicate one volt per 500 pounds of load. A 2-inch by 2inch bar of aluminum was placed directly under the load cell, over the outboard rib, to provide local support and load distribution between spars. A dial indicator was used to mechanically measure deflection of the component at the line of load application. The sequence of load applications used during the test of the box beam is described below: 1. To check out manual load control and to seat the specimen in the test apparatus, loads were applied



to induce deflections at 0.02-inch increments. With



the dial indicator on the near side rib/spar intersection, load was increased to 350 Ibs. (0.7 volts) and a deflection of 0.14 inch was measured. Load was then removed. 2. To ensure repeatability and to check the linearity of load versus deflection, Sequence 1 was repeated to a maximum load of 1020 Ibs. (2.04 volts) and a maximum deflection of 0.35 inch was recorded. Load was then returned to zero. As indicated by Figure 12, the response of the specimen to the initial loading sequences was quite linear and repeatable. The sequence of loadings presented in the figure are shown with the origins (zero load and zero deflection) offset so as to more clearly indicate the relative behavior of the specimen during each of the five loadings. 3. To further ensure linearity and symmetry of load application, the dial indicator was moved to the far side rib/spar intersection and load was applied in-



crementally to 1000 Ibs. (2.0 volts), with 0.30 inch



of measured deflection. Load was then removed, the specimen visually inspected and the dial indicator relocated to the near side corner.



4. As a proof load sequence, the box was loaded incrementally to a Design Limit Load (DLL) of 2k of Design Ultimate Load (DUD, or 2/a (3445 Ibs.) = 2300



Ibs. (4.6 volts). A deflection of 0.78 inch (see Figure



9) was recorded, the load was removed and the specimen inspected. No indication of damage was present. SPORT AVIATION 25
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5. The final loading sequence was to failure. Load was again applied incrementally to 3570 Ibs. (7.14 volts), at which point (104^ DUD the specimen collapsed due to a shear failure of both spar webs. The last deflection reading just prior to failure was 1.17 inches.



The measured load immediately dropped to 2595 Ibs.



and held. While at this load, the box was visually inspected and photographed (Figure 10) to identify the



failure mode and location. Load was removed and the specimen was taken from the test stand for further



inspection. As shown in Figure 11. the specimen suffered a sudden catastrophic failure of both spar webs just outboard of the attachment fittings. Inspection of the fitting-tospar/cover attachment areas showed no indication of



damage and the test, therefore, successfully validated



the ultimate load carrying capability of the composite wing box/attachment design to the required loads. FINAL DESIGN DRAWINGS



The final design drawings, as indicated in the following three pages, reflect the final finite element analysis, as well as the results of the subcomponent test article. Although we have carefully checked them, should any errors become apparent during the outer wing fabrication, an errata will be submitted with the fifth article. SUBSEQUENT ARTICLE



In order to permit adequate time to fabricate, test and document the outer wing assembly, the next article will deal with serviceability, maintainability and repair of composite structures and will also delve in additional fabrication aspects not ready for inclusion in this issue. The fifth and final article will report on the



wing fabrication and load test.



Part I article in the July issue were taken from the Dow Chemical Company bulletin "High Peel Strength Liquid



Epoxy Resin, XD-7575.02, for Improved Peel Strength,



Tensile Shear Strength and Toughness in Epoxy Adhesives", and from copies of viewgraphs presented at a



recent SPI technical conference. Dow representatives indicate that XD-7575.02 resin is a bisphenol-L resin which has been modified with



elastomeric compounds to produce the high peel and



toughness properties. Dow is currently producing this resin in a pilot production plant in Texas and, due to



limited volume, has not carried out extensive market-



ing of this new resin. Dow is currently selling the resin only in 500 pound quantities (55 gallon drums). Due to its high viscosity, the resin requires a reactive dilutent,



such as BGE (butyl glycidyl ether), to facilitate hand layup impregnation. Ray Lambert has prepared a mixture of Dow 331 (standard Bix-A epoxy), Dow XD-7575.02 and BGE. He is supplying 1 gallon kits with hardeners to Aircraft Spruce and Specialty and Wicks Aircraft Supply who



market these kits as RAF (Fast) and RAF (Slow) epoxy



resin. Ray keeps the exact formulation to himself, and



we would expect the properties of the mixture to be different than- the XD-7575.02 by itself, as given in Tables 4 and 5. For additional information and literature, you should



contact Dow Chemical Company directly. REFERENCES



References, as used in the design and analysis portions of the first three articles, will be included in the next article, Part IV. Except for a few cases, we have intentionally refrained from citing documents and books which are difficult to obtain. Most of the references would be found in a university's library.
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copy of the mill certificate proving that the piece ... hensive guide for inspecting any type of wood for use in aircraft. ... is a light colored wood called the "sap- wood .... The Airwolf Filter System trapped the metal and kept my engine from seiz
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build a safe airplane as economically as possible but there are ... UTILITY SCALE !_.fO-LA 2 X 8 ... review them prior to inspecting wood that you are going to be ...










 








Composite Beam Design Using A Spreadsheet - Size 

Lotus 1-2-3, Excel, etc., may require .... new or renewal membership card, you will find an application making it possible to join for a friend. Fill in your.
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